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Calculation of Profile Drag of Airfoils at Low Mach Numbers

Tuncer Cesect* anp A. M. O. Smrref
Douglas Aireraft Company, McDonnell Douglas Corporation, Long Beach, Caluf.

This paper investigates the accuracy of a particular method for calculating the profile drag
of airfoils at low Mach numbers. The method consists of 1) calculation of the pressure dis-
tribution by any suitable method, 2) calculation of laminar flow near the nose by Thwaites’
method, 3) calculation of transition by Michel’s method (if it is not known a priori), 4) cal-
culation of turbulent boundary-layer flow by Head’s method, and, finally, 5) calculation of
momentum deficiency in the far wake by means of the Squire-Young relation. Profile drag
has been calculated by this method for several airfoils at various angles of attack and
Reynolds numbers. The effects of transition and airfoil thickness on the profile drag are
studied. Comparison of calculated and experimental values show generally good agreement.
The rms error based on 88 calculated drag values is 2.79.

Nomenclature

= chord length

= section profile-drag coefficient
= local skin-friction coefficient
section lift coefficient

= shape factor, §*/6

= shape factor, (6 — §%)/6

= Reynolds number, (uxc)/»
= Reynolds number, (u.z)/»
Reynolds number, (u.8)/v
= alrfoll-section thickness

= r component of velocity

= distance along body surface
= angle of attack

= boundary-layer thickness
displacement thickness

= momentum thickness

= kinematic viscosity
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edge

lower surface
tr = transition point
upper surface
@ = freestream
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1. Introduction

N the design of airfoils, an accurate calculation of the pro-
file drag is essential, since this plays a very important role

in the performance of an airplane. However, such a calcula-
tion is complicated by the fact that the profile drag depends
not only on the section characteristics, but also on the degree
and scale of turbulence in the free stream. DBecause the
turbulence in most wind tunnels is not negligible, and be-
cause the scale of the turbulence is different from that in the
atmosphere, it is difficult to predict, from model tests in a
wind tunnel, the drag characteristics of an airfoil in flight in
the comparatively turbulence-free atmosphere. The prin-
cipal difficulty is the determination of the location of the
transition point.

The purpose of this study is to evaluate a method of calcu-
lating the profile drag of an airfoil by means of a combination
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of existing boundary-layer methods, to compare the results
with measurements obtained in low-turbulence wind tunnels,
and thus to evaluate the accuracy of the method. The
caleulation procedure and the methods used to calculate the
boundary-layer parameters are described in See. 2.

2. Procedure

The profile drag of an airfoil consists of skin friction due to
tangential stresses at the surface and form drag due to the
normal pressures. Skin-friction drag can be caleulated with
fair accuracy by boundary-layer theory. But the form
drag, which is brought about by the boundary-layer dis-
placement effect, in general cannot be calculated as accu-
rately as skin-friction drag. For this reason, the profile
drag of an airfoil is usually obtained by measurement.
However, it can be calculated accurately if the development
and behavior of the flow in the boundary layer and in the
wake are known,

The flow along an airfoil can be divided into four regions.
Consider the flow over the airfoil in Fig. 1. Starting at the
forward stagnation point A, there is at first a region in which
the flow is laminar. After a certain distance AB along the
surface, which is dependent both on the pressure gradient
along the surface and on the turbulence in the main stream,
there is a region BC in which transition from laminar to
turbulent flow takes place. In the third region, the flow
from C to the trailing edge is fully turbulent. Finally, at
the trailing edge D, the boundary layer of the upper surface
joins that of the lower surface to form the turbulent wake.
(Here, it is assumed that the boundary layer does not separate
from the surface.)

A formula that is widely used in caleulating the profile
drag of an airfoil is the one developed by Squire and Young.!
In order to use this formula, it is necessary to calculate the
momentum thickness and the shape factor of the boundary
layer at the trailing edge and also to know the velocity at the
trailing edge. Determination of the boundary-layer param-
eters requires the following information: 1) the solution of
the momentum equation in the laminar region, 2) the loca-
tion of the transition region or the transition point, 3) the
values of momentum thickness and shape factor in the transi-
tion region, 4) the solution of the momentum equation in
the turbulent region.

Fig. 1 Boundary-layer flow along an airfoil.
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Fig. 2 Michel’s transition-correlation curve.

In addition to these requirements, it is necessary to have
the velocity distributions on the upper and the lower airfoil
surfaces as basic data for the calculations, which can be ob-
tained either experimentally or theoretically.

2.1 Laminar Region

The first step in profile-drag calculation is the determina-
tion of momentum thickness in the laminar region. There
are several methods by which the momentum thickness can
be determined; in this paper, Thwaites’ method? is used.
According to that method, the momentum thickness in the
laminar region is calculated from

g = [(fec&imw) I <Zm >d (%ﬂ/ M

Laminar separation takes place when

0 { —0.090 }1/2
¢ |Reld(u/u.)/d(z/c)]

2)

2.2 Transition Region

In order to calculate the profile drag, it is also necessary
to know the region in which the boundary-layer flow changes
from laminar to turbulent. The conditions of transition are
determined by the wvelocity distribution, the Reynolds
number, the degree of turbulence in the main stream, and
the roughness and irregularities of the airfoil surface. Usu-
ally the chordwise distance over which transition oceurs is
small, so that transition may be considered to take place at
a point.

The location of the transition point is generally determined
by experiment. It may also be predicted by several em-
pirical methods. The one used here is Michel’s method,?
which is based on a collection of experimental data on transi-
tion in which the downstream end of the region is taken as
the transition point. This method, which uses a correlation
curve (Fig. 2) in the Ry, R, plane, provides good results in
locating the transition point, as long as the velocity distribu-
tions are smooth, the surface is smooth, and the turbulence
low. The correlation curve can be represented by the follow-
ing equation:

By-1073 = C4R,-107% + C, +-
[Cs(R.-107%)2 4 CuR.-1078 4 C5]V2 (3)
03-108 = R, = 7-108
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Fig. 3 Change of shape factor H at transition.
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where
Ci = —0.710 Cy = —0.687
04 = 2.871 05 = 0831

In the drag caleulation reported here, Michel’s transition.
correlation curve was used to locate the transition point when
the experimental transition point was not given. If laminar
separation takes place before the transition point is indicated
by Michel’s curve, the separation point is taken to be the
transition point.

The momentum thickness was assumed to be continuous at
the transition point; it was calculated from Eq. (1) and was
taken as the initial value in the turbulent region. The
initial value of the shape factor H in the turbulent region was
obtained from Fig. 3, which is an empirical relationship
given by Truckenbrodt on page 580 of Ref. 1. Here, AH =
Hy(zy) — Hzw), and Hi(z.) is obtained by Thwaites’
method.

Cs = 0.694

2.3 Turbulent Region

There are several methods for calculating the boundary-
layer parameters in the turbulent region, but very few of
them make use of the full equations of motion or of all of the
well-established characteristics of the turbulent boundary
layers, such as the law of the wall or the law of the wake.
Recently, these approximate methods have been eritically
re-examined and, upon comparison, have been found to give
widely different results.* Of these methods, Head’s method
was found to give better agreement with experiment than
any of the other methods reviewed. For that reason,
Head’s method is used in this study. His method® uses the
momentum integral equation

0 du ¢,
u, dz 2

de

— H+ 2 4
LT+ 2) @
and two auxiliary equations, namely, Ludwieg-Tillmann’s
expression for the skin-friction coefficient,

C; = 0.246(10) 051 (Ry)—0.268 5)

and a shape factor H obtained from the entrainment proper-
ties of the turbulent boundary layer. The latter is also
related to another shape factor, H;. The entrainment rela-
tion and shape-factor relations are as follows:

Entrainment relation:

(1/u.)(d/dz) (w.0H,) = 0.0299(H, — 3.0) ~0.6169 (6)

Shape-factor relation:

H, = G(H) M
where
0.8234(H — 1.1)—t2& H=Z16
G(H) =
1.5501 (H — 0.6778) 304 + 3.3 H =16
2.4 Wake

In the wake, the skin friction vanishes, and hence the mo-
mentum equation there has the same form as Eq. (4) except
that the right-hand side vanishes. Thus the equation is now
integrable, and a practical approximation can be made that
enables the profile-drag coefficient to be determined in terms
of momentum thickness, shape factor, and velocity at the
trailing edge. The relationship (for one surface) is shown in
the Squire-Young formula!

Cp = 2(8/¢) 1.5 (ue/uc) §55 75+ (8)

It is to be noted that the Squire-Young formula depends
on the value of momentum thickness at the trailing edge as
well as the value of the trailing-edge velocity, which is raised
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to a power of about 3.2. If the experimental value of w./u.
is known, calculation of the drag presents no difficulty;
however, if the theoretical inviscid potential-flow pressure
distribution is to be used, then the Squire-Young formula is
meaningless, since one will always get a stagnation point at
the trailing edge (for finite trailing-edge angle). For this
reason, a change was made in using Eq. (8); the values of
velocity ratio, momentum-thickess ratio, and shape factor
at the 95%,-chord point were used, rather than the values at
the trailing edge. The error arising from this approximation
can be proved to be negligible by the analysis that follows.
In Ref. 6 [p. 182, Kq. (9)], the expression for the drag
coefficient C'p for both laminar and turbulent flow is

[1422 [ue pav/e fue z 375

C])“[W (ll;ﬁ <u®> d(()} +
0.02429 1 u, \* 2\ e
() ()] @

Now, consider only the contribution of the turbulent flow.

Then
0.02429 u, \* 318
Cp = [*’RCUS fx”/c <UTO> e /C)J (10)

Assume that the velocity distribution between the 95%-
chord point and the trailing edge is linear (I'ig. 4). Then the
velocity distribution is given by

WU, = a4+ 200b — a)lx/e — 0.95) 095 = z/c =1 (11)

where a is the value of the velocity at the 959 -chord point,
and b is the value of the velocity at the trailing edge. Since
Eq. (10) can be written as

0.02429 0.95 / u, \* 2\
e [0 [0 (2 (2
002‘129 1 Ue 4 2 5/6 }
R f().s).s (fuj> d ((‘ >] (12)

0.02429 1 Ue \* x .

can be considered to be a “correction” or error term (assum-
ing the exponent & = 1) when the profile drag is caleulated
at the 959, -chord point. Substituting the expression for the
velocity ratio from Eq. (11) into Eq. (13) and integrating
gives the correction or error term

the term

Cop = (2429/R.VH1074D* 4+ ab® 4+ a®? + @b + oY)

(140)
The preceding expression will be maximum when b = a.
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Fig. 4 Velocity distribution near the trailing edge.
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Fig.5 Comparison of calculated local skin-friction coeffi-
cient with experiment, Prandtl-Schlichting formula, and
Coles’ line.

Then Eq. (14a) becomes
Coy = (b X 2429/R, /510 %a* (14D)

If @ = 1 and R. = 105, the correetion term is approximately
5 X 107% which is relatively small. At higher chord Reyn-
olds numbers, the correction term becomes even smaller.
Thus, calculating the profile drag at values for the 95%-
chord point, rather than for the trailing edge, is justified as
a procedure for avoiding calculational difficulties very near
the trailing edge.

3. Results

In order to investigate the accuracy of the procedure de-
seribed in Sec. 2, profile drag was caleulated for several air-
foils at various angles of attack and Revnolds numbers for
which experimental data are available. The calculated
values were then compared with the experimental values.
In general it was found that the caleulated drag values were
consistently lower than the experimental drag values when
the position of transition was calculated by Michel’s method.
For this reason, the calculated drag values (for cases where
the position of transition was obtained by Michel’s method)
were plotted against the experimental values to determine
an empirical constant that when multiplied by the calcu-
lIated values would give a better agreement with experiment.
The empirical constant, which was found to be 1.1, was used
to multiply the momentum thickness caleulated at the trail-
ing edge when the position of transition was obtained by
Michel’s method.  Thus, Hq. (8) becomes

Cp = 2[ab/c]r.n. (we/%e) 0.5(Hr.p.+5) (15)

where a = 1 when transition is known experimentally and @ =
1.1 when transition is caleulated by Michel’s method.

If (u./us)r . were to equal unity as on a flat plate, Tiqg.
(15) should reduce to the well-known formula Cp = 2(0/¢)r 5.;
Iq. (15) does not, because of the 1.1 factor. The factor can
be considered to account for errors in the basic formulas for
caleulating 8/c, See. 2.1.

3.1 Comparison of Calculated and Experimental
Profile-Drag Coefficients

In order to investigate the acceuracy of Head’s method,
which is based on empirical correlations obtained at moder-
ately low Reynolds numbers (maximum Ry =~ 10,000), the
method was first used to caleculate the local skin-friction
coefficient on a flat plate as well as the profile-drag coeffi-
cients of three airfoils at high Reymolds numbers. The
calculated results were then compared with the experimental
and empirical results.

Figure 5 shows a comparison of local skin-frietion coeffi-
clents calculated by Head’s method and those calculated by
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Fig. 6 Variation of profile-drag coefficient with Reynolds
number for NACA 654;-114 airfoil. C; = 0.14,

the Prandtl-Schlichting formula,?
C; = (2loguR, — 0.65) 23 (16)

as well as Coles’ line,” which has been empirically fitted to
experimental data. The flow was initially laminar, and the
transition point was specified at B, = 1 X 105, Local
skin-friction coefficients up to B, = 100 X 10% were calcu-
lated. The results indicate that the agreement up to B, =
10 X 10° (R4 is about 13,000) seems to be satisfactory and
that there is considerable deviation from the others only
at higher Reynolds numbers.

Figure 6 shows the experimental profile-drag coefficients
and the calculated profile-drag coeflicients, together with
the calculated transition points, of the NACA 655-114
airfoil® for Reynolds numbers up to 40 X 10%. The pressure
distribution was calculated by Weber’s method® for a lift
coefficient of 0.14, and the transition points were determined
by Michel’s curve. The results indicate that the agreement
up to R, = 20 X 10%is very good and that again there is con-
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Fig. 7 Calculated and experimental profile-drag coeffi-
cients of the NACA airfoil.
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Table 1 Calculated and experimental profile-drag
coefficients of the King Cobra airfoil

Reynolds Calculated Caleu-
number transition point  lated Experimental
R, X 107 (x/x) (z/c)r Cp X 103 Cp X 103
8 0.50 0.046 0.634 7.8 7.5
10 0.30 0.514 0.634 4.55 5.1
12 0.20 0.605 0.604 3.6 3.5

siderable deviation from the experimental data at higher
Reynolds numbers.

Tuble 1 shows a comparison of calculated profile-drag
coefficients with the experimental values obtained in flight
tests on the wing of the King Cobra aircraft.® The wing
had an NACA 66-216 section at the tip; hence the maximum
suction at the design lift coefficient was at the 609,-chord
point, and the maximum thickness-chord ratio was nearly
16%. The profile drag was measurcd at a section 137 in.
from the aircraft centerline. The experimental values in
Table 1 were obtained when a test portion about 3 ft in span
was very carefully treated to decrease the waviness of the
surface. Considering the uneertainty in experimental data
(for different flight conditions, the experimental drag values
showed about 159 scatter), the caleulated results are quite
satisfactory.

The third airfoil whose profile drag was caleulated at high
Reynolds number was the NACA 35-215 airfoil. For this
airfoil, the profile-drag coefficient of the upper surface was
calculated for a pressure distribution obtained from Ref. 11
at a chord Reynolds number of 26.7 X 10°% The experi-
mental transition point was specified as the 43.5%-chord
point. The calculated and the experimental (flight) values
are 0.00232 and 0.00230, respectively.

The accuracy of calculating the profile-drag coefficient of
airfoils by the formula given by Eq. (15) was extended to
other airfoils for which the experimental drag data were
available for chord Reynolds numbers between 3 X 10% and
9 X 105 Figure 7a shows the calculated and the experi-
mental profile-drag coefficients!? of the NACA 4412 airfoil
for chord Reynolds numbers of 3, 6, and 9 million. The
pressure distribution was obtained from the experiments of
Ref. 13.  The transition points were determined by Michel’s
curve. The calculations were limited to angles of attack
between —6° and +6° because, according to Head’s method,
at higher angles of attack (a > 6°) the flow separated. At
an angle of 8°, the flow did not separate. However, the
transition point for the pressure side could not be obtained
by Michel’s transition eurve; that is, the flow was laminar
from the leading edge to the trailing edge, and consequently
profile drag for this side could not be caleulated by Kq. (15).
The agreement is best at the lowest Reynolds number, the
one at which the experimental pressure distribution was ob-
tained. The caleulated values differ from the experimental
values with increasing chord Reynolds number.

Figure 7b shows calculated and experimental profile-drag
coefficients of the NACA 23012 airfoil at 3 chord Reynolds
numbers for 1ift coefficients between —0.4 and +0.8. The
pressure distribution was obtained by Weber’s method, and
the transition points were determined by Michel’s curve.
The agrecment is good.

Figure 8 shows calculated and experimental profile-drag
coefficients of the NACA 64-012, 64-212, and 64-412 airfoils
for a chord Reynolds number of 9 X 108, The pressure dis-
tribution was obtained by Weber’s method, and the transi-
tion points were determined by Michel’s curve. Calculations
were made for lift coefficients between —0.3 and —+0.6.
The agreement is good.

Tigure 9 shows caleulated and experimental profile-drag
coefficients of the NACA 0012 airfoil for a chord Reynolds
number of 6 X 105, The pressure distribution was obtained
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Table 2 Calculated and experimental profile-drag
coefficients of the symmetrical NACA four-digit airfoils

Calculated
transition
point Calculated Experimental
Airfoil x/c Cp X 108 Cp X 103

0006 0.320 5.10 5.00
0009 0.336 5.75 ) 5.50
0012 0.357 5.95 6.00
0013 0.362 6.35
0021 0.377 6.49

by Weber’s method, and the transition points were deter-
mined by Michel’s curve. The caleulations were made for
lift coefficients from —0.6 to +0.6. TFigure 9 also shows the
caleulated values for ¢; = —0.16, 0, and 4+0.16. The drag
coeflicients were caleulated by Michel’s curve and also for
the experimental transition points given in Ref. 14. The
transition points obtained from Michel’s curve were con-
sistently farther aft than the experimental transition points,
which illustrates the need for a corrclation constant, since
Tate transition causes lower drag values.

Another airfoil considered was the NACA 4-006 airfoil,
whose pressure distribution was obtained from Ref. 15.
The chord Reynolds number was 3 X 10%.  The boundary
layer was tripped at the 5%-chord point. The calculated
and experimental values are both 0.008.

3.2 Effects of Transition and Airfoil Thickness on the
Profile Drag

The study was extended to include the effects of transition
and airfoil thickness on the profile drag of an airfoil. Sym-
metrical NACA four-digit airfoils with thicknesses from 6 to
219, were considered. At first, the transition point of each
airfoil was determined by Michel’s curve, and the zero-lift
profile-drag coefficient was calculated by Eq. (15). Then
the position of transition was varied from the leading edge
to the 209%-chord point, and again the zero-lift profile-drag
coefficients were caleulated. In all cases, the pressure dis-
tributions given in Ref. 12 were used. The chord Reynolds
number was taken as 6 X 108,

Table 2 shows the profile-drag coefficients calceulated for
the transition points determined by Michel’s curve, together
with the experimental values obtained from Ref. 12.

Figure 10 shows the calculated drag coefficients for two
fixed transition points, namely, for #/c = 0 and z/¢ = 0.20,
together with the results obtained by Hoerner’s empirical
equation,

C[),/C/.' = 2[1 + 2{/"(? + 60(1/’/(‘)4] (17)

where € is the average skin-friction coefficient for a flat
plate. Equation (17) is recommended for aifoil sections
with maximum thickness located at or near the 309,-chord

point and is therefore well suited to the NACA four-digit

h
AIRFOIL EXPERIMENT CALCULATED \

002 o
64-012 —_— (0]
84-2j2 —_——— o
64-412 —_— A
0 T T T Y 1
-4 -2 ) 2 4 6
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Fig. 8 Calculated and experimental profile-drag coefli-
cient of the NACA 64-Series.
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Fig. 9 Calculated and experimenlal profile-drag coefli-
cients of the NACA 0012 airfoil. R, = 6 X 105,

series.  The skin-friction coefficient for the flat plate was
caleulated by the following formula, taken from Ref. 1.

Cr = 0.074/R0)® — A/R, 5 X 100 < R, < 107 (1R)
where

A = Ru(0.074/R0® — 1.328/R.0%)

3.3 Summary of Results

A method for calculating the profile drag of airfoils at low
Mach numbers by the procedure described in See. 2 was in-
vestigated. Eighty-cight profile-drag values for several
airfoils at various angles of attack and Reynolds number
were caleulated and compared with the experimental values.
The results are summarized in Table 3 and in Fig. 11.  Con-
sidering the various factors that influence the calculations,
the results are good. Except for a few values, the maximum
error is within =79, and the rms error based on the 88 calcu-
lated drag values is 2.79%,.

4. Discussion

Because of the many factors that affect the caleulations,
an aceurate calculation of the profile drag of an airfoil is a
very difficult matter. The most important of these factors
is the position of transition. Since the profile drag, as given
by the Squire-Young formula, is directly proportional to
the momentum thickness at the trailing edge of the airfoil,
it 1s necessary to calculate the momentum thickness as ac-
curately as possible.  Although none of the approximate
caleulation method uses the full equations of motion or all
of the well-established characteristics of the turbulent
boundary layers, some of them are quite satisfactory. Head’s
method is particularly well suited for typical flows over air-
foils, namely, nonequilibrium and separating flows. This
statement is supported by the extensive study reported in
Ref. 4. Furthermore, any ecrror in estimating the position
of transition will affect the momentum thickness and conse-
quently the profile drag.

35
3.04
.
Cr
o
25 4
(o]
Q
2.0+ X
(o] CALCULATED, TRANSITION ¢ =0
A CALCULATED, TRANSITION % =.20
— HOERNER'S EQ
o .05 10 15 20 25

t

c

Fig. 10 Comparison of drag coefficienls of symmetrical
NACA four-digit airfoils calculated by the present method
and by Horner’s formula.
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Table 3 Calculated and experimental profile-drag coefficients of the NACA 65(5-114, King Cobra, NACA 35-215, NACA
4412, NACA 23012, NACA 64-series, NACA four-digit series, and NACA 4-006 airfoils

Calculated Profile-Drag Coefficient ©
Reynolds | Angle of Lift Transition g
Number Incidence | Coefficient Point Calculated Experimental E
[+3 ot
Airfoil |R_X 1076 deg c, (%)U (%) | copx 10> | ¢, x10° & F;I:fi;cy
NACA 65 6 .14 0.54 0.54 4. 40 4.40 8 | NACA Low
(215)-114 10 .14 0.54 0.54 3.90 4.10 Turbulence
14 .14 0.49 0.54 3.85 4.05
16 .14 0.47 0.50 4.0 4.0
20 .14 0. 40 0.44 4.35 4.10
24 .14 0.33 0.37 4.84 4.25
30 .14 0.31 0.31 5.0 4.50
! 40 14 0.22 0.26 5.3 4.80
King Cobra 8 .50 0.046 | 0.634 7.80 7.50 10 | R.A.E.
10 .30 0.514 | 0.634 4.55 5.10 Flight
12 .20 0.604 | 0.604 3.60 3.50 Test
NACA 35-215 26.7 0.435@ 2.32 2.30 11 | Naca
NACA 4412 3 -6 -.211 0.747 | o0.028 7.61 7.80 12 | Fpent Test
-4 -.0255 | 0.667 | 0.045 7.13 7.10
-2 .190 0. 641 0.097 6.47 6.80
0 . 410 0.484 | 0.144 6.93 6.75
2 .615 0.484 | 0.229 6.73 6.85
4 .840 0.364 | 0.539 7.00 7.00
6 -6 211 0. 747 0.028 6.50 6.90
-4 -.0255 | 0.667 | 0.045 6.14 6. 45
-2 . 199 0.587 | 0.080 6.00 6.30
0 . 410 0.484 | 0.110 6.09 6.25
2 .610 0.436 | 0.195 6.22 6.20
4 .840 0.340 | 0.458 6. 41 6.60
9 -6 -.211 0.721 0.028 6. 05 6.60
-4 -.0255 | 0.64l 0.045 5.76 6.20
-2 .190 0.534 | 0.080 5.73 6.05
0 . 410 0.484 | 0.093 5.67 6.00
2 .605 0.388 | 0.178 6.04 6.05
| 4 .840 0.316 0.357 6.26 6.70
NACA 23012 3 -4 0.661 0.031 8. 05 8.30
-2 0. 483 0.062° 7.92 7.85
-1 0.425 0.098 7.84 7.75
0 0.358 | 0.20 7.62 7.75
.1 0.308 | 0.452 6.69 6.60
.2 0.266 | 0.570 6.55 6.50
.4 0.207 | 0.708 6.65 6.70
.6 0.166 0.721 7.38 7.30
.8 0.133 0.900 7.86 7.90
6 -4 0.600 0.028 7.18 7.50
-2 0.450 | 0.050 7.06 7.35
-1 0.392 | 0.059 7.09 7.25
0 0.333 0.075 7.13 710
1 0. 283 0.422 6.00 6.15
.2 0.250 0.521 5.87 6.15
.4 0.186 0. 708 5.83 6.20
.6 0.153 0.721 6. 48 6. 42
.8 0.107 | 0.900 7.15 6.85
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Table 3 (continued)
Calculated Profile-Drag Coefficient ©
Reynolds Arigle of Lift Transition g
Number { Incidence | Coefficient Point Calculated Experimental o
-6 “ x x 3 3 % Test
Airfoil Rc X 10 deg Cy (—C->U (—C—) L CD x 10 CD x 10 « Facility
NACA 23012 8.8 -.4 0.541 0.028 6.83 7.00 lIZ gﬁg}ﬁ Teet
-.2 0.425 | 0.037 6.74 6.80 TDPT
-.1 0.358 0.046 6.78 6.75
0 0.316 0.059 6.76 6.75
.1 0.275 0.087 6,78 6.70
.2 0.233 0.462 5.70 6.25
.4 0.186 0.655 5,66 6.05
.6 0.143 0.721 6.05 6.25
1 v .8 0.097 0.900 6.77 6.73
NACA 64-012 9 -.3 0.59 0.09 6.19 5.8
-.2 0.59 0.32 4.84 5.5
0 0.50 0.50 4.21 4.2
.2 0.23 0.58 5.30 5.0
.4 0.09 0.60 6.10 6.2
.6 0.09 0.67 6.80 7.0
NACA 64-212 -.3 0.68 0. 046 6. 35 6.2
-.2 0.64 0.09 5.86 6.0
0 0.60 0.14 4.10 4,2
.2 0.59 0.50 4.19 4.2
.4 0,37 0.59 4,77 5.0
.6 0.09 0.65 6.72 6.9
NACA 64-412 -.3 0.73 0.046 6.60 6.9
-.2 0.68 0.046 6.32 6.5
0 0.65 0.046 5.85 5.8
.2 0. 60 0.14 5.20 4.9
.4 0.51 0.50 4,27 4.5
.6 0.37 0.59 5.70 5.8
NACA 0012 6 -.6 0. 760 0.036 7.35 7.30
-.4 0.614 0.084 6.65 6.70
-.2 0. 466 0.194 6.30 6.00
- 16 0.3528 | 0.20 5.95 5.95
0 0.265a 0. 265 6.00 6.00
0 0.300 0.300 6.10 6.00
.16 0.20 0.352a 5.95 5.95
.2 0.194 0. 466 6.35 6.00
.4 0,084 0.614 6. 80 6.70
.6 0.036 0.760 7.35 7.30
NACA 4-006 3 0 ~ 0.05a 0.05a 8.00 8.00
NACA 0006 6 0 ~ 0.32 0.32 5.10 5.00 12 TDPT
NACA 0009 6 0 - 0.336 0.336 5.75 5.50 12 TDPT

Experimental Transition Points}
TDPT = Two-Dimensional Pressure Tunnels

In the calculations reported here, the position of transition
was obtained by Michel’s transition-correlation curve. In
almost all cases, the caleulated profile-drag values were con-
sistently lower than the experimental values. It was found
that multiplication by an empirical constant gave better
agreement. On the other hand, when experimental transi-
tion points were used, the agreement was good, and it was not
necessary to use an empirical constant. This shows that
in order to obtain a better agreement with experiment with-
out using an empirical constant, it is necessary either 1) to
specify the transition point or 2) to calculate the transition

point by a method other than Michel’'s method. There are
other empirical methods that can be used to calculate the
transition point, but none of them is very satisfactory.

The results also show that calculation of the boundary-
layer parameters, such as skin-friction coefficient and mo-
mentum thickness, is not very accurate at high Reynolds
numbers. The caleulated local skin-friction coefficients on
a flat plate show considerable deviation from experimental
values at Reynolds numbers R, greater than 13,000. The
calculated profile-drag values also begin to deviate more
from experimental values at higher Reynolds numbers. In
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Fig. 11 Comparison of calculated profile-drag coeflicients
with experiment.

the latter case, the uecuracy of calculating the profile drag
at high Reynolds numbers is further complicated by the
method used to calculate the momentum thickness and the
shape factor, in addition to the method used to calculate the
transition point.

The basic requirements for a good total method are accurate
and rapid methods for the calculation of 1) laminar flow, 2)
transition, 3) turbulent flow, and 4) the wake. The present
choice of methods is by no means the only one. In fact, the
one for turbulent flow is weak because it fails to prediet flat-
plate drag correctly at high Reynolds numbers. Fortunately,
methods are on the horizon that should enable the turbulent
boundary layer to be calculated accurately at very high Rey-
nolds numbers. Nark! has recently reported on a method
that is different in detail but similar in concept to the present
one. He obtained essentially the same degree of accuracy.
Nash and Osborne, in England, have also worked on the prob-~
lem, with special attention to the effect of compressibility at
subsonic speeds.®* They too obtained about the same level
of accuracy. The main accomplishment of the present paper
therefore is to define one system of calculation and then evalu-
ate it by a sufficient number of cases to give a meaningful
assessment of its accuracy. The result, in turn, shows the
state of the art on this important and very fundamental
problem.
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